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Hybrid Electric Chemical Propulsion

J.E. Pollard* and R.B. Cohent
The Aerospace Corporation, El Segundo, California

A spacecraft propulsion concept that uses a combination of electrical energy and chemical energy for thrust is
explored using thermodynamic modeling calculations. The essence of this concept consists of adding a carefully
chosen amount of O, or F, oxidizer to the propellant flow of a conventional H, electrothermal thruster. A
general method is given for selecting the fuel:oxidizer ratio so as to optimize the thruster performance for any set

of mission constraints.

Nomenclature

AE/m  =electrical energy deposited per unit mass of pro-
pellant, kJ/g

F =thrust, N

g =9.8067 m/s?

AH, =standard enthalpy of formation of H atoms at
298.15 K, kJ/mole

AH, =thermal enthalpy of the combustion chamber gas

mixture, kJ/mole
AH/m =initial propellant enthalpy per unit mass, kJ/g
s

. = specific impulse, s
M . =system average mole weight, g/mole
My =1.00797 g/mole
M, =15.9994 g/mole
m =mass flow rate, g/s
my = final vehicle mass, kg
m; =initial vehicle mass, kg
n, =molar flow rate of substance x, mole/s
P, = electrical power, kW
T =temperature, K
At =trip time, §
v = average exhaust velocity, m/s
Av =velocity increment, m/s
o = fraction of dissociation
T, =electrical efficiency
Ngas = gasdynamic efficiency
o = fuel:oxidizer mole ratio
Introduction

LECTROTHERMAL propulsion systems operating in

the specific impulse range of 300-2000 s are likely to find
application in such near-term missions as drag makeup and at-
titude control for space stations!? and in certain types of or-
bital transfers.3* Electrothermal devices are attractive
because: 1) they are relatively simple to construct and operate;
2) they can be used with noncontaminating propellants; and 3)
their I, range is appropriate for the modest electrical power
levels (below 100 kW) that will be available during the next
decade. Electrically augmented hydrazine resistojets I, =300
s, P=0.5 kW) are already performing stationkeeping func-
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tions for a number of geosynchronous communications
satellites,? representing the first step in the transition to the
widespread use of electric propulsion.

The hybrid electric chemical propulsion concept proposed
here is potentially the next logical step beyond the hydrazine
resistojet. It spans the I, range between high-performance lig-
uid rockets (450 s) and hydrogen electrothermal arcjets (ca.
1000 s). The essence of this concept is to deposit electrical
energy into a pair of reactive propellants (H,/0, and H,/F,
are considered here) and to choose the fuel:oxidizer ratio so
as to make an optimized trade-off between the amount of
electrical energy and the amount of chemical energy being
consumed. This choice depends on the size of the electrical
power source and on the mass of propellant available for a
given maneuver. A reduction in the initial vehicle mass at the
expense of a longer trip time is achieved if relatively less ox-
idizer is used, reaching in the upper I, limit the case of pure
hydrogen electrothermal propulsion. A reduction in the trip
time and a corresponding increase in the initial mass is
achieved if relatively more oxidizer is used, reaching in the
lower I, limit the case of bipropellant chemical propulsion.
This tradeoff between mass flow (or thrust) and /g, is com-
mon to every electric propulsion scheme. However, the new
facet that our analysis emphasizes is that chemical energy
can be added in a precise manner to improve the I, vs thrust
tradeoff beyond what is achievable using purely electrical
means. '

The concept of a thermally augmented H,/O, rocket
engine recently was given a careful analysis by Frisbee’ from
a perspective somewhat different than in the present work.
The approach here is perhaps a more general treatment of
the problem than has been given previously and might be
distinguished by calling it a ‘‘chemically augmented elec-
trothermal”’ propulsion scheme.

Model and Assumptions

A thermodynamic model of hybrid propulsion is used to
calculate 7, as a function of the electrical energy deposited
per unit mass of propellant, AE/m. The assumptions made
here are: 1) adiabatic, constant-pressure combustion; 2) ther-
mochemical equilibrium achieved upstream of the nozzle; 3)
propellants initially at room temperature, 298K; and 4) isen-
tropic nozzle expansion to infinite Mach number with no

. further chemical reactions in the nozzle. Some- of the more

important approximations inherent in these assumptions are,

respectively: 1) neglect of radiative heat loss to the sur- )

roundings; 2) neglect of incomplete equilibration during the
residence time in the combustion chamber; 3) neglect of the
enthalpy of vaporization of cryogenic liquid propellants, if
they are used; and 4) neglect of incomplete molecular vibra-
tional relaxation due to a less than ‘‘perfect’’ nozzle expan-
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sion. The model provides a simple conceptual framework
with which to evaluate the potential benefits of hybrid pro-
pulsion. It will be shown that by knowing I, vs AE/m one
can optimize the performance of the propulsion system to
suit any set of mission constraints with a correct choice of
fuel:oxidizer ratio.

‘The route to I, vs AE/m at a given fuel:oxidizer ratio
consists of first calculating the equilibrium temperature and
chemical composition of the combustion gases corresponding
to a given AE/m. Then, the I, can be computed from the
expression for the terminal velocity of a ““perfect’’ nozzle ex-
pansion. At least two methods that rely on different ther-
mocycles can be used to relate AE/m to the equilibrium com-
bustion temperature and chemical composition. In what
might be called a ‘‘forward’’ calculation, one chooses a
value for AE/m and energizes the reactants either by an in-
crease in their temperatures or by molecular dissociation at a
fixed temperature. Then a constant-pressure adiabatic flame
calculation provides the final equilibrium temperature and
chemical composition. In the alternative ‘‘reverse’’ calcula-
tion, one first chooses a final temperature and determines
corresponding equilibrium chemical composition at a given
fuel:oxidizer ratio. Then AE/m is determined from the en-
thalpy change in going from products at the final
temperature to reactants at 298 K. The two methods give
equivalent results, but the forward method is used for nearly
all of the data reported here because of its greater ease of
implementation with the existing Aerospace NEST package
of computer programs.® Also, as a mathematical conve-
nience, the energizing of the reactants is formally described
as a dissociation of molecular hydrogen into H atoms at
298 K.

The coupling of electrical energy to the propellants in an
actual thruster is, of course, a complex process that involves
a combination of gas heating, dissociation, and ionization.
The present mathematical model does not purport to
describe the details of the energy coupling in an electrother-
mal thruster, but rather to give a global description of the
thermodynamics of hybrid propulsion based solely on the
four assumptions listed above. The calculation of the
equilibrium combustion chamber conditions corresponding
to a given AE/m is done in terms of state functions
(temperature, pressure, and chemical composition) that de-
pend only on the initial and final states of the system; thus,
no physical significance is attached to the arbitrary choice of
the thermocycle that is used to calculate the final equilibrium
conditions resulting from a given AE/m.

Based on the foregoing, a summary of the more important
equations used in this model can now be presented. The elec-
trical energy deposited per unit mass of propellant is given
by

AE/m=n,P,/in=fyyAH,/in N

where the term 5, P, is the net electrical power going into the
propeliants. It is convenient to cast AE/m in terms of «, the
initial degree of dissociation of the hydrogen, and p, the
fuel:oxidizer mole ratio. For the H,/O, case they are defined
as

a=ry/(fy +2hy,) . )

p= (g +2ny,)/ 2h,) 3)

from which it is possible to show that

AE apAH

PO st A 4
m pMH+MO ( )

Analogous expressions apply to the H,/F, case. For a given
value of p, the range of AE/m is explored by varying o from
0 to 1, which corresponds to an upper limit of AE/m=216

ELECTRIC CHEMICAL PROPULSION 125

kJ/g in the case of pure H, propellant. For those few in-
stances where higher values of AE/m are of interest, the
combustion chamber conditions are determined with the
“reverse’’ calculation thermocycle described earlier. The
specific impulse is calculated on the basis of an isentropic ex-
pansion to infinite Mach number with no further chemical
reactions in the nozzle. Thus, all of the thermal enthalpy of
the combustion chamber gas mixture is converted to exhaust
kinetic energy. The average exhaust velocity is given by

v=gl,=Q2AH/M)"* %)
where AH; is the enthalpy change in going from combustion

chamber gases at temperature 7 to the same gas mixture at 0
K. The formula for I, is then given by

Lo @700 Ik ( AHT(kJ/mole)>‘/z
() =578067 m/s2)(10~* ke/a)” M(g/mole)
AH(kJ/ mole)) %
- 144'21( M(g/mole) ©

The thermal enthalpy AH; and the system average mole
weight M are available from the adiabatic flame calculation.
The calculations are run with pure H, and with fuel:oxidizer
mole ratios of 49:1, 19:1, and 9:1. In terms of the traditional
oxidizer-to-fuel weight ratio, the data correspond to 0.00,
0.39, 1.00, and 2.11 for H,/F, and 0.00, 0.33, 0.84, and
1.78 for H,/0,. All of the results presented here are for a
combustion chamber pressure of 1000 Torr.
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Fig. 1 Specific impulse vs electrical energy deposited per unit mass
of propeliant for H,/0,.
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Fig. 2 Specific impulse vs electrical energy deposited per unit mass
of propellant for H,/F,.
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Results 1400 I | T [— T T
The calculated 7, curves for the various fuel:oxidizer mole 50 kilg

ratios are shown in Figs. 1 and 2 as functions of AE/m. 1200 - .
These curves give the key results of the analysis and enable
one to select the fuel:oxidizer ratio that makes the best use 1000
of the available chemical and electrical energy for a given set
of mission constraints. The most favorable trade-off between = 800
thrust and specific impulse is always achieved by running &
with the fuel:oxidizer ratio that maximizes [, at a given -2 600
AE/m. To demonstrate this claim, it will help to look at the
relation between thrust and specific impulse, 400

F=rngl, =n,P,gl,/(AE/m) %) ol ' ]
This equation is used to construct Fig. 3, which shows I, as 0 l l | I | | |

a function of the thrust per unit of electrical power, F/4,P,,
in the case of H,/0, with the four different fuel:oxidizer
ratios. Also shown on the same graph are several lines
emanating from the origin for which AE/m is a constant. If,
in accordance with the rule stated above, the fuel:oxidizer
ratio is chosen so as to maximize I, for a given AE/m, then
Eq. (7) and Fig. 3 show that F is also maximized. Thus, for
high values of AE/m(>30kl/g) with associated I, values
greater than 850 s, the most favorable trade-off is always
achieved with pure H, propellant. As I, decreases, it
becomes beneficial to add progressively greater quantities of
oxidizer until the limiting case of conventional chemical pro-
pulsion is reached at an I, of around 450 s. The combustion
chamber temperatures along this optimum curve are in the
range of 2000-2700 K for I, values of 500-950 s; the range
extends up to 4600 K at an I, of 1400 s with pure H, pro-
pellant. Figures 1 and 2 can be applied to mission modeling
by invoking a typical set of constraints and using the curves
to derive [,, AE/m, and p. Examples of this procedure will
be given in the next section. A comparison of Figs. 1 and 2
reveals that H,/O, and H,/F, exhibit very similar perfor-
mance curves, but that the H,/0, case performs slightly bet-
ter in the present calculations. In a practical system, F, is an
undesirable choice because of material compatibility
problems.

The foregoing results serve to map out the region of ap-
plicability of the hybrid electrical chemical propulsion
scheme based on a conceptually simple but rather idealized
thermodynamic model. This model does not account for cer-
tain nonideal modes of behavior that may be exhibited by
real electrothermal thrusters. Radiative heat loss to the sur-
roundings can be treated by inserting an appropriate value of
1., but no attempt is made here to predict 5, for individual
thruster designs. A value of 5, in the range of 0.4-0.9 is
typical for arcjets and resistojets.>’® Perhaps the most
serious limitation of this model is the neglect of chemical
kinetic effects that may prevent the attainment of
equilibrium during the residence time in the combustion
chamber. Although a complete kinetic model of hybrid pro-
pulsion is beyond the scope of this paper, a rough estimate
can be made of the minimum pressure required for equilibra-
tion. The slowest process in the chemical systems we have
described is the termolecular recombination of H atoms,
H+H+ M—H, + M, where M is primarily H or H,. The rate
coefficient? is in the range k,,=10° — 10'° 12.mole~2-s~! be-
tween 300 and 5000 K. The reaction half-life is given by

1y =(kp [HIH) ™! : ®

where [H], is the initial H atom concentration. In the pres-
ent case with a pressure of 1000 Torr, the half-life is around
10 us at 2700 K. This should be quite sufficient to allow
equilibration in a resistojet where the residence time is ex-
pected to be 100 ps or greater. For an arcjet, however, the
residence time could be as short as 10us (depending on the
electrode geometry), so that pressures somewhat higher than
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Fig. 3 Specific impulse vs thrust to power ratio for H,/0,.
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Fig. 4 Gasdynamic efficiency vs specific impulse for pure H, and
hybrid H,/0, thrusters.

1000 Torr are required if nonequilibrium effects are to be
minimized. In those cases where oxidizer is added to the
H/H, fuel, the kinetic restrictions imposed by the H atom
recombination should be relaxed to some extent, because a
portion of the available exothermicity is released by fast
bimolecular reactions.

The thrust efficiency for hybrid propulsion must be de-
fined carefully to account for the fact that two energy
sources are present (electrical plus chemical). The efficiency
for transferring electrical energy into propellant thermal en-
thalpy, 7., has been introduced already. The value of 7, is
governed by the mechanism used to energize the propellant
gases, be it resistive heating, dc discharge, radio frequency,
or microwave. Hence, the electrical efficiency %, is common
to all electrothermal propulsion devices. A more interesting
quantity from the standpoint of comparing hybrid propul-
sion with other electrothermal schemes is the gasdynamic ef-
ficiency 74, which is defined here as the efficiency for
transferring combustion chamber thermal enthalpy into ex-
haust kinetic energy. This term is given by

AHp/M Ya(gly,)?

Neas = = ©)
(AE/m)+(AH/m) (AE/m)+(AH/m)

where AH/m is the enthalpy change per unit mass of the
unreacted propellant gases in going from 0 to 298.15 K.
Thus AH/m is the initial enthalpy per unit mass of the pro-
pellants before reaction or electrical excitation. With these
definitions, one can write the equation that relates thrust,



MARCH-APRIL 1986 ELECTRIC CHEMICAL PROPULSION 127
o . 8 ' I T T
specific impulse, and electrical power as 30— PURE Hy
L e Pe = S0 KN |
l/ZFgIsp=ngas[nePe+m(AH/m)] (10) 35— AV = 6000 mis
6l mp = 10000 kg |
In the case of pure hydrogen propellant 7,,, is equal to 1 at -
low I,, but it drops below unity at high 7, when a signifi- = -5 -
cant fraction of the H, is dissociated. This is because our < 400-2—
assumption of a frozen flow expansion means that not all of a0 T BRI HyO -
the combustion chamber enthalpy can be converted into ex- 500— 22
haust kinetic energy. This effect is shown in Fig. 4 which ol [ N
plots 74, vs I, for pure hydrogen electrothermal propulsion 0] S
and for hybrid electric chemical propulsion. The curve goes }ggg"‘ B ]
through a minimum at around 1400 s and begins to rise 3000E 1 . L ; Lol -
again when nearly all of the H, has been dissociated and fur- 1 10 100
ther increments in AE/m go into heating the H atoms. Al {days)

Similar plots for H, as well as for other pure gases have been
published by Jahn.” The n,,, curve for H,/O, hybrid propul-
sion is constructed using Fig. 1 to select the optimum
fuel:oxidizer ratio at each [ ,. The hybrid 7, curve splits
from the pure H, curve at around 850 s and rises to much
higher values as the amount of available chemical energy
increases.

Applications

The first design example is one in which hybrid electric
chemical propulsion is applied to orbital transfer. We con-
sider the case of a LEO—GEO one-way transfer with a final
mass of m;=10,000 kg and a power level of n.P, =50 kW.
Subtracting the estimated masses® of a nuclear power source,
the propulsion system, and the tankage leaves a payload
mass in the range m,, =4000-5000 kg. The velocity incre-
ment for LEO—~GEO with a 28.5 deg inclination change is
Av=6000 m/s in the low-thrust, continuous-burn case.?
Figure 5 shows the results of the design calculation for a
range of initial masses. The rocket equation

I, = Av/ [ gbn(m;/my)) any

is used to calculate I,, from which AE/m and the H,:0,
ratio follow from Fig. 1. The trip time A¢ comes from

At=(m; —my)/in=(m;— m)(AE/m)/n P, (12)

Trip time at constant power (50 kW) increases sharply from
76 days at I, =850 s to 360 days t I, =1500 s, correspond-
ing to the range over which the efficiency n,,, for pure H, is
decreasing. For still higher I, the trip time actually
decreases as the efficiency 7,,, begins to rise, as is indicated
in Fig. 4. The hybrid H,/0, curve becomes more favorable
than the pure H, curve for I, less than 850 s. Hybrid pro-
pulsion offers a significant reduction in trip time (or initial
mass) over the pure H, case in the range of I, down to
around 500 s, where it converges on H,/0, chemical propul-
sion. It also adds versatility by being able to tune the perfor-
mance of the propulsion system over an appreciable range of
I, to match the requirements of the mission. The
LEO—GEO transfer was selected for this design calculation
because of its central importance for space systems. A power
level of 50 kW is probably at the lower limit of the range for
which electric propulsion is practical for this particular
transfer. ’ .

Until large space power sources become available, applica-
tions for hybrid propulsion will be found in auxiliary propul-
sion, namely drag makeup, stationkeeping, and attitude con-
trol. A particularly interesting example would be the case of
a manned space station, where the H, and O, propellants
could be derived from an orbital transfer vehicle H,/O, pro-
pellant tank larm or from electrolysis of H,O and might be
integrated with the life-support system.! A design example is
given in which hybrid propulsion is applied to a continuous-
duty, IN thruster such as would be used for drag makeup at
LEO. Figure 6 shows the tradeoff between mass flow rate

Fig. 5 Mass fraction vs trip time for the orbital transfer thruster
design example.
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Fig. 6 Mass flow rate vs electrical power for the IN thruster design
example.

and electrical power for the pure H, and hybrid H,/O,
cases. If 5,P,=1 kW, then the hybrid thruster uses 15.4
kg/day of propellant, which represents a 28% savings in pro-
pellant flow rate over the corresponding thruster that runs
on pure H,. If 4P, is greater than 4 kW, then it is no longer
beneficial to add oxidizer. For comparison, a conventional
hydrazine monopropellant thruster operating at an Iy, of 230
s requires 38.3 kg/day of fuel to perform this mission.

Conclusion

A hybrid propulsion concept has been described that ex-
tends hydrogen electrothermal propulsion by the addition of
oxidizer to the propellant flow. Thermodynamic model
calculations have been used to predict [, as a function of the
electrical energy deposited per unit mass of propellant. The
added degree of freedom provided by the choice of the
fuel:oxidizer ratio permits an optimum /Iy, vs thrust tradeoff
to be achieved for any set of operating constraints. Specif-
ically, the I, and thrust can be simultaneously maximized at
any electrical power level and mass flow rate by the correct
choice of fuel:oxidizer ratio. Hybrid propulsion represents a
significant improvement in performance and versatility in the
I, range up to 850 s when compared with conventional H,
electrothermal propulsion. Despite the limitations of the
model, we feel that the present results show that the hybrid
electric chemical concept is potentially a very useful one that
deserves further exploration.
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